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INTRODUCTION 


Fibrous composite materials can be as strong and stiff as steel, have a 
lower density than magnesium, and can be tailored to have maximum strength and 
stiffness in specific directions. The weight saving potential of composites is 
well documented. Simple structural members such as beams and pipes can be made 
with relatively inexpensive processes such as pultrusion, braiding, and filament 
winding. Larger structures can be made using filament winding and automatic 
tape laying machines. These processes are not labor intensive and produce 
structures with relatively few parts. Thus, composite structures have the 
potential to be cost effective and even cheaper in some cases. On the other 
hand, composites are very notch sensitive because of the linear-elastic fibers 
that carry most, if not all, of the load. 

Composites do not develop through- the- thickness fatigue cracks as do 
metals. However, low- velocity impacts caused by debris, dropped tools, and 
collisions can break fibers resulting in crack- like damage and a reduction in 
tension strength [1,2]. The damage can extend completely through the thickness 
or part way through the thickness of thick laminates. Thus, fracture toughness 
is a very important property of composites as well as metals. 


The fracture toughness of composites depends on fiber and matrix 
properties, fiber orientations, and stacking sequence. There are far too many 
combinations of fiber, matrix, and layup to evaluate experimentally. Thus, some 
analytical guidance is needed to select fiber, matrix, and layup to give maximum 
fracture toughness for a given strength and stiffness. Accordingly, a 
parametric study was made to determine how fracture toughness is affected by 
fiber and matrix properties and fiber orientations. Stacking sequence, which 
affects interlaminar stresses and bending stiffness, was not studied. The 
laminates were assumed to be balanced (equal number of plies with +a and -a 
orientations) and, except for a filament wound laminate, symmetric about the 
midplane. Otherwise, bending and twisting could accompany stretching. 
Comparisons were made with test data for through- the- thickness cracks and 


surface cracks to give credibility to the study. 

o 


Both [° i / ± 45j/9° k ] ris and 


[ 0 . /±a . ] 

r J ns 


laminates with resin matrices were considered. These include most 


laminates of interest. The general fracture toughness parameter developed in 
[3] and [4] was used to predict the fracture toughness. This method only 
required the elastic constants of the laminae, the fiber failing strain, and the 
fiber orientations. These properties are readily obtainable. 


NOMENCLATURE 


surface cut depth, m 

half-length of surface cut and through- the -thickness cut, m 

value of r for c- * ~ 

lc tuf 


Young ' s modulus , Pa 

ultimate tensile strength of laminate (unnotched) , Pa 

ultimate tensile strength of fibers, Pa 

shear modulus , Pa 
fracture toughness , Pa/m 

elastic fracture toughness, Pa/m 

number of repeating ply groups 

half the number of plies in a quasi- isotropic laminate 
shape factor for an elliptical crack 

critical value of the general fracture toughness parameter, /m 
distance from the crack tip (along the y-axis) , m 

gross failing stress for laminates with through- the -thickness cuts and 

gross stress for failure of first ligament in laminates with surface 
cuts , Pa 

gross stress for failure of remaining ligament in laminates with 
surface cuts , Pa 

laminate thickness, m 

minimum laminate thickness for two-part failure with surface cuts, m 

fiber volume fraction 

width of specimen in test section, m 

ply orientation angle (relative to loading axis) 

orientation angle of principal load-carrying plies 

principal strain distribution in principal load-carrying plies at 
failure 

ultimate tensile failing strain of the fibers 
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<f> parametric angle of ellipse (<f> - 0 - bottom of surface cut and 

o 

4> - 90 - top of surface cut) 

v Poisson's ratio 

Subscripts : 

o o o o 

i,j,k half the number of 0 , ±45 or ±a , and 90 plies 

x,y Cartesian coordinates (The y-direction corresponds to the axial 

loading direction of the specimen or laminate.) 

1,2 principal ply coordinates (1 refers to fiber direction) 


The following notation is used to describe layup. All laminates are 
symmetric about the midplane as indicated by the lower case "s" outside the 
parentheses. Fiber angles are separated by a slash and listed in the order of 
layup from the outside to the midplane. A numerical subscript on the fiber 
angle denotes how many consecutive plies are at that angle. Likewise, a 
numerical subscript on a group of plies denotes how many consecutive groups have 
that pattern. 


PREDICTIONS OF FRACTURE TOUGHNESS 


In [3] and [4], a general fracture toughness parameter that is a constant 

for all fibrous composite materials was derived. This parameter can be used to 

predict the fracture toughness of composite laminates using only the elastic 

constants of the laminate E , E f and u and the ultimate tensile failing 

x y yx 

strain of the fibers « tu £. The predictions were tested for both metal and resin 

matrices with boron, graphite, or glass fibers. The derivation is briefly 
repeated below. 


First, attention was directed to the principal load-carrying plies. These 
plies are usually the ones most aligned with the loading direction and hence 
carry most of the axial load. Consequently, their failure is sufficient to 


cause the failure of all other plies. Here, the 0 plies are the principal 
load- carrying plies. See figure 1. Of course, the principal load- carrying 

o 

plies would have some other orientation if there were no 0 plies. For 

o o o 

example, in [±45 ] ng or [±30^/90^]^ laminates, the principal load-carrying 

o o 

plies are the ±45 and ±30 plies, respectively. 


Next, failure of the principal load-carrying plies was predicted by using a 
maximum- strain criterion. At failure, the fiber strains ahead of a crack tip in 
a specially orthotropic laminate under plane stress and mode I conditions are 
given by 
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«u - V 2 ">' 1/2 + 


B + 
o 


B i r 


1/2 


B 2 r 3 /2 + 


(1) 


where r is the distance from the crack tip. The coefficient Q is the 

c 

general fracture toughness parameter given by 




( 2 ) 


and 


[i - 


- 1/2 
v E ' 
vx x 


„l/2 . 2 * 

E ' sin at 


, 1/2 


][“ 


A/2 


2 * 
+ cos a ] 


The angle a is the angle that the principal load- carrying fibers make with 
the y-axis. 


At failure, the critical level of fiber strains in the principal load- 
carrying plies just ahead of the crack tip was assumed to be the same for any 
layup. Furthermore, the critical strain level was assumed to increase in 
proportion to the ultimate tensile failing strain of the fibers € tu f This 

criterion is equivalent to a point-strain criterion applied to the principal 
load- carrying plies. That is, at failure, € ^ c = € tuf at r " ^o ec J uat i° n 

- 1/2 

(1) . By retaining only the r ' term, equation (1) gives 


£ tuf 




1/2 


which is a constant for all composite laminates, independent of layup and 
material . 


Values of Q c / € tu f were calculated from the strengths of composite 

specimens containing central crack- like cuts that extended through the thickness 
[4]. The composite laminates had various layups and were made of resin and 
metal matrix materials with graphite, boron, and glass fibers. The thickest of 
the laminates had 16 plies. A representative value of Q c / C tu f was 1.5 Jim (d Q 

“ 0.36 mm). Replacing Q c by Z 1 ™ in equation (2) and solving for 

gives 




,5e_ _E 
tuf v 


( 3 ) 


The value of E^/£ in equation (3) can be calculated from lamina constants 
using lamination theory. Thus, only lamina constants and * tu £ of the fibers are 
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required to predict the fracture toughness. The lamina constants and values of 
used in this paper are given in table I. 


Table I.- Lamina properties. 


Material 

E ir 

GPa 

E 22 ’ 
GPa 

G 12 ’ 
GPa 

*12 

F tuf ’ 
GPa 

€ tuf 

V f 

T300/5208 

. . 129. 

10.9 

5.65 

0.312 

2.20 

0.0100 

0.63 

T300/BP-907 . . . 

. . 109. 

8.32 

4.82 

.314 

2.20 

.0100 

.54 

Celion 6000/ 
polyimide 

. . 136. 

9.31 

6.14 

.357 

2.20 

.0100 

.61 

AS4/HBRF-55 . . . 

. 

- 

- 

- 

- 

- 

.54 

0 plies 

. . 106. 

6.39 

4.47 

.275 

2.43 

.0124 


±56.5° plies 

. 111. 

1.92 

4.28 

.267 

_ 

- 


Boron/epoxy 

. . 207. 

20.7 

7.31 

.270 

3.50 

.0075 

.45 

Kevlar - 49/epoxy 

74.1 

5.16 

2.07 

.421 

2.15 

.0165 

.6 

E- Glass/epoxy 

38.6 

8.27 

4.14 

.260 

1.40 

.0200 

.53 

S-Glass/eooxv . . 

49.4 

17.8 

4.48 

.291 

2.08 

.0271 

.6 


The 0 plies in some of the resin matrix laminates in [4] split at the 
ends of the cuts and delaminated before the laminates failed. Splits and 
delaminations are not taken into account in equations (1) and (2). Long splits 
accompanied by delaminations can greatly reduce the stress concentration factor 
[5] and hence elevate the strengths and values of Q c / e tu f calculated with 

equation (2). Therefore, the values of Q c / € tu f that were calculated for 

laminates with large splits and delaminations in [4] were not valid. These 

O 0 

laminates had 50 percent or more 0 plies or several consecutive 0 plies. 
The matrix failures resulted from the low transverse normal strength and shear 

o o 


strength of the 
and ±a plies . 


0 plies and the large interlaminar stresses between the 0 
The 1.5 /mm value for Q c / 6 tu f from [4] is an average of the 


values for laminates where the splits and delaminations were judged to be small 
compared to the length of the cut, much like plastic zone sizes in metals. 


An experimental investigation of Harris and Morris [6,7] showed that the 
effect of splits and delaminations at the ends of the cut depends on the 
thickness of the laminate. They tested center-cracked, compact, and three- 

o o O 0 0 o o 

point-bend specimens made from [0 /±45 /90 ] , [0 /±45 ] , and [0 /90 ] 

T300/5208 laminates. The average values for from the center-cracked 

specimens are plotted in figure 2 against the number of ply groups 2n. They 
were calculated using 
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( 4 ) 


c 1C , 

K - K (1 - 
Q Qe cK 2 


where 


K Qe “ S c (,rC S6C 


and 



Equation (4) was derived assuming the existence of an initial flaw of length 

2c such that the actual length of the cut is 2(c + c ) and that S - F 
o & o c tu 

for c *» 0. The vertical lines were drawn through the symbols to indicate the 

dispersion. Values for K predicted with equation (3) are also plotted. The 


values for [0 /±45 /90 ] ng and [0 /90 ] ng are equal. (More is said about 
layups with equal subsequently.) The test values for for 

o o o o-o 

[0 /±45 /90 ] ng and [0 /90 ] ng decrease initially with increasing thickness 

o o 

and those for [0 /±45 ] ng increase. With increasing thickness, the values 
asymptotically approach within 10 percent of the predicted values. 


Using pyrolysis, Harris and Morris [6,7] separated the plies of specimens 
(deplied) that had been loaded to within a few percent of their estimated 
strength. Matrix and fiber damage in individual plies was then visible. They 
found that splits and delaminations at the ends of the cuts were confined to the 
plies near the surfaces, similar to edge delaminations in thick laminates [8], 

o 

However, 0 fibers were broken in the interior plies for a short distance 
ahead of the cut. The surface plies carry a large portion of the load in thin 
laminates but not in thick laminates . Thus , the splits and delaminations 
dominated the fracture of thin laminates but not the fracture of thick 

o 

laminates. As noted previously, the 0 splits and delaminations tend to 
elevate strengths and fracture toughness as evidenced by the thin 

o o o o o 

[0 /±45 /90 ] and [0 /90 ] specimens. The initial increase of fracture 

o o 

toughness with thickness was unexpected for the [0 /±45 ]^ s specimens. The 

o o o o o o 

±45 fibers in the thin [0 /±45 /90 ] and [0 /90 specimens broke 

o o 

ahead of the cut, more or less, but not those in the thin [0 /±45 ] ^ 

ns 
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specimens. Instead, the ±45 plies delaminated prematurely throughout the net 
section, apparently reducing strengths and toughnesses. 

Equation (3) should be valid for other T300/5208 laminates with similar 

o 

proportions of 0 plies and with more than 10 to 20 ply groups as long as many 

o 

0 plies are not grouped together. It is probably valid for T300/5208 

0 

laminates with more than 50 percent 0 pl^jps (the maximum proportion in figure 
2) but certainly not for as many as 100 pOTcent. Unidirectional graphite/epoxy 

o 

laminates (all 0 plies) tend to split at the ends of a cut regardless of 
thickness. It is important to realize that equation (3) can give accurate 
predictions for resin-matrix laminates thinner than 10 to 20 ply groups as 
evidenced by the results in [4] . Even the predictions in figure 2 for 

o o o o o 

[0 /±45 /90 ] ns and [0 /±45 ] T300/5208 laminates are reasonably accurate 

for thin laminates. The amount of splitting and delaminating depends on the 
fiber and matrix properties as well as layup. Stronger fibers result in higher 
matrix stresses and more splitting and delaminating, whereas stronger matrices 
result in less splitting and delaminating. Thus, the range of applicability of 
equation (3) depends on the properties of the fibers and matrix as well as the 
layup . 


PARAMETRIC STUDY OF FRACTURE TOUGHNESS 


Fiber Properties 


Many people incorrectly associate high fracture toughness of composites 
with high failing strain of the fibers. For quasi- isotropic laminates, which 
have E - E equation (3) can be written in terms of lamina constants as 

x y 


K Q - °- 75 Vtuf- 


o(l ± O ) 

[1 + p — ] 

E 11 


a - , 12 ) 


(5) 


where E n e tu f was replaced with V f E tu f Thus, fracture toughness increases 

in proportion to fiber strength, not failing strain, and fiber volume fraction. 
Expressing equation (5) as a series, one can show that increases in 

proportion to v f F tuf (l + E 2 2^ E U + v 11 + ' ' • Thus . E n . E 2 2’ and v \2 

have less effect on than and F tu f Similar results can be shown for 

other layups . 

Test values for Kq from [4] were divided by fiber volume fraction 

o o o 

and plotted against fiber strength F tu f in figure 3 for [0 /±45 /90 ] 

laminates made with five different combinations of fiber and resin matrix 
materials. All the laminates were relatively thin: for boron/epoxy, n - 1, 
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otherwise, n -» 2. Also, values for K^/V^. from equation (5) are plotted for 

E 22 //E ll “ and °* 2 with u \2 “ For ttie boron and graphite 

laminates, .07 < E 22^ E 11 < * F ’ and For tdle E ’£l ass / e P ox y laminate, 

E 22^ E 11 ™ ‘ 2# test va l ues f° r K Q/ V f a S ree well with the appropriate 

curves from equation (5) . Notice that the laminate with the smallest fiber 
failing strain (shown in parentheses) has the largest fracture toughness and 
vice versa. 

The ratio of strength with crack-like damage to undamaged strength, 
S c /F tu , is a measure of notch sensitivity. Materials with large values of 

S /F are notch insensitive, whereas materials with small values of S /F 
c' tu c / tu 

are notch sensitive. Solving equation (4) for ^ C / E tu » gives 



F [>(c + c ) ] 
tu L o ' J 


1/2 


( 6 ) 


Thus, for a given crack size, the relative amount of strength retained increases 
in proportion to K^/F^. Dividing equation (3) by F tu and replacing e ^^E 

by F tu . gives 


!q_ u> 

F tu“ « 


(7) 


and substituting equation (7) into (6) gives 



1.5K„ 


*[*<c + C Q )] 


1/2 


( 8 ) 


Thus, for composite laminates, the relative amount of strength retained varies 
inversely with The right-hand side of equation (8) cannot be written in a 
simple expression of lamina constants for all laminates with like 

equation (5). However, for quasi-isotropic laminates, which are a subset of 

those with E = E , one can show that 
x y 


5<2_ 

F tu 


= 0.75 


F 22 ^ l/ 12 F 22 ^ 
[3(1 + - + 

hi E n “n 


2 

12 u 12 tj 22 
—a - ■ . 


"n 


[i + 


"22 

7 

11 


2 i / 12 E 22 

E ll 


4G 


12(i - ^ 22 )] 


"11 


"11 


(9) 
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(Quasi -isotropic laminates with 2 N q plies have ply orientations of 0 , 

180°/N o , 360 /N qJ (N q - 1)180 /N . .., where N q > 3.) The right hand side of 

equation (9) depends only on fiber and matrix modulae. For 

E 22^ E 11 ** G 12^ E 11 “ which represents the high-modulus fibers in table I, 

Kq/F^ - 2.25 7mm. For the S -Glass/epoxy, which has the largest value for 

E 22^ E 11 *- n ta kl e Kp/Ftu “2.32 /mm. Therefore, the notch sensitivity of 

quasi- isotropic laminates is virtually independent of fiber properties. 

Ultimate tensile strength also increases in proportion to fiber strength, much 
like fracture toughness in equation (5) . Therefore, stronger fibers can be 
selected to increase ultimate tensile strength and decrease weight without 
increasing notch sensitivity . Similar results can be shown for other layups. 

On the other hand, fracture toughness and ultimate tensile strength of metals do 
not necessarily increase together, and metals with large ultimate tensile 
strengths are usually more notch sensitive than those with smaller ultimate 
tensile strengths . 


Hybrids 

When different fibers are combined to make a hybrid laminate, fracture 
toughness increases with increasing fiber modulus as well as increasing fiber 
strength. Test [9] and predicted values for fracture toughness are plotted in 
figure 4 for Kevlar -49/graphite/epoxy and S- glass/graphite/epoxy hybrid 

o o o o o o 

laminates. The layups are [45 /0 /-45 /90 ^ , where the ±45 and 90 

o 

plies are T300 fibers and the 0 plies are Kevlar-49 or S-glass. These fibers 
have similar strengths, but the graphite fibers are much stiffer than the 
others. In all cases, the resin is 5208 epoxy. For comparison, predictions are 
shown for all-graphite, all -Kevlar- 49 , and all-S-glass. 

Although the fiber strengths are nearly equal, the values for fracture 
toughness for the hybrids are considerably greater than those for the non- 
hybrids made from the same constituents. Thus, the combination of materials can 
increase fracture toughness synergistically . The basic reason for the increase 
in fracture toughness is that the graphite fibers are much stiffer than the S- 

o 

glass and Kevlar-49 fibers, causing the ±45 plies irl the hybrids to carry a 
greater share of the load. The S-glass fibers have the lowest modulus and 
result in the hybrid with the highest fracture toughness. Also, the fracture 
toughness of the all-S-glass is higher than the all-Kevlar-49 and all-graphite 
because the ratio ^22^11 is larger. The test values are higher than 

predicted for the hybrids because of matrix damage at the ends of the cuts. 


Matrix Properties 

Equation (5) for quasi- isotropic laminates predicts the same fracture 
toughness for the same ®22^11’ G 12^ E 11' and u 12' T ^ e and Ce ^ ion 

graphite fibers in table I have nearly the same strengths and failing strains, 
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however the 5208, BP-907, and polyimide matrices have quite different strengths 
and failing strains. For example, the strength and failing strain of BP-907 
epoxy are about two times those of 5208 epoxy. Nevertheless, ^22^^11* 

G 12^ E 11’ an< * v 12 are a ^ out t * ie same f° r th® T300 and Celion laminates, 
resulting in about the same values for K^/V^. See figure 3. 


o o o o 

Additional comparisons are made in figure 5 for [45 /0 /-45 /0 ] 

o O O O 

laminates made with 5208 and BP-907 epoxies. The [45 /0 /-45 /90 ] , 

o o o o 

[45 /0 /-45 /90 ]^ , are also included. The test values were reported in [10]. 

The fracture toughness values were normalized by fiber volume fractions, which 
are significantly lower for the BP-907 laminates than the 5208 laminates. For a 
given layup, the test values for BP-907 and 5208 are nearly equal as predicted. 
The difference between the tests and predictions is due to matrix damage at the 
ends of the cuts. Probably, the BP- 907 values were a little lower than the 5208 
values because the matrix damage was smaller for the BP- 907 laminates than the 

o o o o 

5208 laminates [10], The test values for the [45 /0 /-45 /0 laminates 

o o 

were lower than the predicted values, much like those for the [0 /±45 ] 


T300/5208 laminates in figure 2. Perhaps this trend is peculiar to [0^/±45j] ng 

laminates. In summary, without significant matrix damage at the ends of the 
cuts or delaminations in the net section, the properties of resin matrices have 
little effect on fracture toughness. 


The fracture toughness of laminates with aluminum and resin matrices cannot 
be compared directly because of the nonlinear compliance of laminates with 

o o o o 

aluminum matrices. However, strengths of [0 /±45 ] g , [0 /±45 ]g , and 

o o 

[02/±45 ] s boron/aluminum and T300/5208 laminates with cuts (normalized by 

o 

ultimate tensile strength) were compared in [4] . For a given proportion of 0 

o 

and 45 plies, the normalized strengths were about the same. Thus, as long as 
matrix damage at the ends of the cut is small and the fibers carry most of the 
load, even the differences between the properties of resin and metal matrices 
have little effect on fracture strengths, which is equivalent to little effect 
on fracture toughness. 


Layup 


Predicted values for fracture toughness of T300/5208 [0^/145^/90^]^ and 

o 

[0./±a.] laminates are plotted in figures 6 and 7 against the percentage of 
x j ns 


0 plies. These two families of laminates represent most layups of interest. 
The average values for fracture toughness of the three thickest laminates of 
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T300/5208 laminate from [11] are 


O 0 

each layup in figure 2 and a [0 /±60 ]^g s 
shown for comparison. For both families of laminates, fracture toughness 

o o o 

increases with the percentage of 0 plies, and the [0^/90^] ns subset has the 


lowest values for fracture toughness. For the [0^/145^/90^]^ family of 

0 o 

laminates in figure 6, the [0./±45.] subset, which are represented by the 

1 J ns 

dash-dot curve, has the largest values for fracture toughness; and, for the 

o o o 

[0./±cr.l family of laminates in figure 7, the [0./±17.] subset has the 
L i' j ns J l j ns 

largest values for fracture toughness, but only slightly greater than that for a 

0 

unidirectional laminate. For a < 17 , the fracture toughness increases with 
decreasing a . 


Equation (5) is plotted in figures 6 and 7 as the horizontal dashed line. 

It predicts the same value for K n for all laminates with E — E , not just 

x y x 

quasi- isotropic laminates. Many familiar layups have E - E , for example, 

y x 

[0 /90 ] ns> [0 /±45 /90 ] ns * [0 /±60 ] nQ , and [±45 ] ns * These laminates have 
such different ultimate tensile strengths that one would not have expected the 

o o 


same fracture toughness. Notice that 
figure 7 can not have E - E . 

y x 


[0./±Q£.l laminates with a < 45 
L r J ns 


in 


The predictions in figures 6 and 7 were made assuming that the 0 plies 
are the principal load- carrying plies. Actually, for some very small percentage 

o o 

of 0 plies, the ±45 and ±a plies are the principal load- carrying plies. 
Thus, the curves are generally not valid very near the ordinate. (Fracture 

•k ° 

toughness can be predicted with equation (3) in these cases using a = 45 or 

o 

a.) On the other hand, for a large percentage of 0 plies, the curves may not 
be valid because of large matrix damage at the ends of the cuts. 


The results of fracture tests were reported in [11] for several different 

o o o o o 

T300/5208 quasi -isotropic laminates: [0 /±45 /90 ] , [90 /±30 ] , and 

o o 

[0 /±60 ] . The test values for fracture toughness for the thickest are 

plotted in figure 8 along with the predicted value of 1.11 GPaymm. The values 
agree fairly well. (The values in [11] were not calculated for the maximum 
loads. The values in figure 8 were calculated with equation (4) for maximum 
loads obtained by private communications with the authors . ) 

Values of K q/ F tu for the T300/5208 [0^/±45^/90^] ng and [0°/±aj] ns 

laminates, are plotted in figures 9 and 10. For both families of laminates, the 
° ° 

[0./±45j ] ns subset has the highest values (least notch sensitive) and the 
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o o 

[0^/90^] subset has the lowest values (most notch sensitive). Although the 


o o 

[CL/±17j] ns subset has the highest values for 
the highest values for Kq/F^. 



it does not does not have 


In figure 9, the curves for Kq/F^ f° r a gi ven percentage of 45 plies 

o o 

are relatively flat. Thus, replacing 0 by 90 plies, or vice versa, has 

O O 

little effect on notch sensitivity, whereas replacing 45 plies by 0 or 

o 

90 plies increases notch sensitivity significantly, and vice versa. Notice 

o 

that the curves for a given percentage of 45 plies are slightly concave upward 

and have a minimum for laminates with E = E . The range of K^/F values 

y x & Q' tu 

for metals is also shown in figure 9 for comparison. The metals are generally 
less notch sensitive than composites. 


Because the notch sensitivity of [Ch/±a. laminates in figure 10 does 
not vary monotonically with the angle a, a small graph was inserted to show 

o 

that Kq/F tu is approximately symmetric about a «* 45 , where it is greatest. 

O O O 

For 20 < a < 70 , notch sensitivity increases with the percent of 0 plies. 

o o 

However, for a < 20 and a > 70 , Kq is nearly a constant. A curve for 

E = E was not plotted in figure 10 because it does not apply to laminates 
v x 


with a < 45 and would be ambiguous. 


SURFACE CUTS 


Except for shallow surface cuts, thick resin-matrix composites fail in two 
stages: first, the cut ligament or sublaminate, which also delaminates at the 

bottom of the cut, and then, with additional load, the uncut ligament. See 
figure 11. The two stages of failure are referred to as first- and remaining - 
ligament failure. The delamination can initiate prior to failure of the first 
ligament, but it does not spread throughout the specimen until the first 
ligament fails. For shallow surface cuts, the laminate fails in one stage as a 
metal. The stress for first-ligament failure decreased with increasing surface 
cut size according to linear elastic fracture mechanics, and the stress for 
remaining- ligament failure varied inversely with its thickness, t - a, much as 
an uncut laminate. For thick graphite/epoxy laminates, impacted specimens 
failed similarly, indicating that impact damage and surface cuts are equivalent 
[ 1 , 2 ]. 


The failure of the first ligament was assumed to occur when the maximum 
stress intensity factor along the front of the crack-like cut was equal to the 
fracture toughness Kq. Using the stress intensity factor equation in the 
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Appendix for a semi -elliptical surface crack in an isotropic homogeneous plate 
the stress for first- ligament failure is given by 


K o 

S c " 172 < 10 > 

r 7raF fa/t.a/c.c/W ,^) , / 

L Q J 

The value of the elliptical angle <f> in equation (10) that corresponds to the 
maximum value of stress intensity factor was used to make the predictions. 
Equation (10) should be valid for composite laminates that are quasi-isotropic 
or nearly quasi -isotropic and for cuts that are large compared to the thickness 
of ply groups and matrix damage. 

Test values from [12] and predicted values for stresses for first- and 

o o o 

remaining- ligament failure are plotted in figure 12 for [0 /±45 /90 ]^q s 

T300/5208 specimens with semi -elliptical surface cuts of various sizes. The 
predicted value of 1.11 GPaymm was used for K^. Because the laminate has 20 

ply groups, it is thick enough for equation (3) to be valid. The dashed curve 
for remaining- ligament strength was calculated with 


(1 - 7)E £ - 

t' y tuf 


( 11 ) 


The test values for first- ligament strength in figure 12 are averages of 
five values, and those for remaining- ligament strength are averages of two to 
four values. (The remaining- ligament strengths were obtained by private 
communications with the authors [12].) The stresses were calculated using the 
gross area tW. The specimens with c/a «0.5 and 1.0 were 25.4 mm wide, and 
those with c/a - 3.9 were 50.8 mm wide. Except for the smallest values of cut 
depth, the test and predicted strengths agree. For the smallest values of cut 
depth, the laminates failed as one part, much like metals, and the first- 
ligament strengths are overpredicted. The tests were conducted in a stroke - 
control mode allowing the load to drop when the first ligament failed. Thus, 
the failures of the first ligaments of specimens with c/a -1.0 were arrested. 
Subsequent loading revealed that the remaining- ligament strengths were lower 
than the first- ligament strengths, as predicted by the solid and dashed curves. 
For c/a “ 3.9, the remaining- ligament strengths were higher than the first- 
ligament strengths. But, for c/a =0.5, the first failures were not arrested, 
and the composite specimens behaved more like metal specimens. 

Similar results are plotted in figures 13(a) and 13(b) for a 36-mm-thick 
AS4/HBRF-55A laminate that was filament -wound . The data were reported in [1] 
and [13]. The specimens were cut from a 0.76-meter-diameter cylinder. The 

o 

laminate consisted of approximately 19 layers with 0 orientation and 32 layers 

o 

with ±56.5 orientation (relative to the axis of the cylinder and the loading 
direction of the specimens). The thickness of each filament -wound layer is 
three times that of each tape layer of the T300/5208 laminates. The filament- 
wound laminate is unsymmetric. However, the grips fixed the specimen ends and 
prevented bending so that the laminate behaved as though it were symmetric. 

Thus, the elastic constants were calculated assuming that the laminate is 
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symmetric. The results were E - 30.6 GPa, E - 39.0 GPa, G - 19.7 GPa, 

x y xy 

i/ — 0.351, and v — 0.447. Thus, the laminate is not very different from a 
xy yx J 

quasi-isotropic laminate. The curves for first- ligament strength in figure 

13(a) were predicted with equation (10) and a value of - 0.949 GPa/mm. from 

equation (3). The curve for remaining- ligament strength in figure 13(b) was 
calculated with 


E e . _ 

y tuf 


( 12 ) 


where E was calculated for the uncut sublaminate assuming a thickness of 

o 

t - a. The large and small drops in stress correspond to removing the stiff 0 

o 

layers and the more flexible ±56.5 layers, respectively. The curve is convex 

o 

in the overall sense because most of the 0 layers are closer to the bottom of 
the laminate. Except for very small values of cut depth, the test and predicted 
first- ligament strengths agree. For cut depths less than about 5 mm, the 
laminates failed as one part. The remaining- ligament strengths are 
overpredicted a little for the intermediate values for cut depth. 


When the applied load is fixed (not allowed to drop at first failure) , 
laminates can only fail in two stages if the thickness is large enough that the 
first- ligament strength is less than the remaining- ligament strength like that 
in figure 11. The minimum thickness occurs when the two curves for load versus 
a/t in figure 11 are tangent. The conditions for the curves being tangent are 


as 


S c - S r 
and (11) 
and 


and 


d (a/t) 
For small 


as 

r 

“ 3(a/t)' 
a/t and 


where S c and S r are given by equations (10) 
c/W, the point of tangency occurs at a/t * 1/3 


Q(4.5K q ) 2 

3»(F tu M lg ) 2 


(13) 


Values for t . were calculated with equation (13) for [0./±45./90 1 1 

mm ^ L i' y k J ns 

T300/5208 laminates and plotted in figure 14. The right-hand side of equation 

o 

(13) increases with increasing a/c. A value of a/c = 0 and <f> - 0 was 

assumed in order to get the smallest values for t . . Because t . in 

° mm mm 

2 

equation (13) is proportional to (K^/F^) , the curves in figure 14 resemble 
those for K Q/ F tu figure 9. The smallest values for t^ n correspond to 
the most notch sensitive laminates and vice versa. 


Values for 
14 for a/c *= 0. 


t m in f° r a / c ~ 1 are 2.9 times larger than those in figure 
Thus, flaw shape has a significant effect on t . . As a/c 
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Increases and the surface cut becomes more like a through- the- thickness cut, 
t min i- ncrease s, eliminating two-part failure. 


CONCLUSIONS 


A parametric study was made of [0./±45 ./90, ] and [0./±a.] laminates 

l j k ns x j ns 

to determine how fiber and matrix properties as well as layup affect the 
fracture toughness Kq and notch insensitivity Kq/F^. The values for Kq 

were predicted from lamina properties using the general fracture toughness 
parameter Q c< Experimental values of Kq for through- the -thickness cuts and 

strengths for surface cuts were compared to the predictions. The following 
conclusions were reached: 


1. Fiber properties are very important. 

a. Kq increases directly in proportion to fiber strength, fiber 

volume fraction, and [1 + E 2 2 //E ll + •••]» where E 1:L and E 22 

are Young's modulae of the laminae and 1 is parallel to the fiber 
direction. 

b. In hybrids, Kq is larger when the off -direction plies are stiffer 

o 

than those in the loading direction (0 plies). 

2. Matrix properties are not important as long as the fibers carry most of 
the load and the matrix is strong enough not to crack or delaminate 
extensively. 

3. Layup is very important. 

o o 

a. K is largest for [0./±17.] laminates and smallest for 

x i j ns 

o o 

[0./90, ] laminates. 

1 v k J ns 

b. Kq is the same for all laminates with equal longitudinal and 

o 0 o o 

transverse Young's modulae, like [±45 ] ng , [0 /±45 /90 ] , 

[0°/90° ] , etc. 

ns 

0 o 

c. [0 _./±45 . ] laminates are the least notch sensitive (largest value 

1 j ns 

o o 

for IC./F ), and [0./90. ] laminates are the most notch 
Q' tn' 1 v k J ns 

sensitive . 


4. 


Unlike most metals 
increase Kq and 


V F tu 


). 


fiber properties and layup can be selected to 

without increasing notch sensitivity (decreasing 
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5. Unlike metals, thick graphite/epoxy laminates with surface cuts can fail 
in two stages, giving some redundancy. First, the cut laminae failed, 
and then the uncut laminae. When the cut laminae failed, they 
delaminated from the uncut laminae. 

a. Surface flaw analysis can be used directly to predict the stresses 
for the first failure when the cut depth is large compared to ply 
thickness . 

b. The final strength is equal to that of an uncut laminate of reduced 
thickness . 

c. Laminates with shallow cuts failed in one stage, much like metals. 


APPENDIX 


For an isotropic, homogeneous material, the stress intensity factor along 
the front of a semi-elliptical surface crack is given [14] by 


K _ 3[ (7ra)F(a/t,a/c.c/W,^) ] 


(14) 


where <j> specifies the location along the crack front in terms of the parametric 
angle of the ellipse, 

r - !«! + «2<?> 2 + M 3 ( t )4 le £ /w 


and 


r; t r / 7rC \ *1/2 

f w - (sec ]) 

For a/c < 1 , 


Q - 1 + 1.464(J) 1 - 65 


M, 




1.13 - 0.09(-) 
c 


-0.54 + 


0.89 

0.2 + - 

c 


M n 


0.5 - + 14(1 - ~) 24 

0.65 + - c 

c 

1 + [0.1 + 0 . 34(“) 2 ] [ 1 - sin 4>] 2 
[(J) 2 cos 2 <f> + sin 2 $H 1/4 
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and for a/c > 1, 


Q - 1 + 1.464(“ ) 1,65 
M x - [1 + 0.04(f) ](f) 1/2 

M 2 - 0.2(f)’ 4 
m 3 = -0.11(f) 4 

g - 1 + [0.1 + 0. 35(f) (f ) 2 ] [1 - sin 4>) 2 

_ ,,c,2 . 2, , 2. .1/4 

- [(-) sm <f> + cos <f>] 

Equation (14) was derived using results from a finite element analysis. 
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Figure 2- Fracture toughness versus thickness tor T300/5208 laminates. 


Predictions: 
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Figure 3.- Effect of fiber strength on fracture toughness of [0°/ *45°/90°] 
and [0°/ t 45°/90°] o _ laminates. 
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Figure 4.- Fracture toughness predictions for S-glass-graphite and Keviar-49-graphite [46 o /0°/-45 o /90 o J 
hybrid laminates. For hybrids, 45° and 90° plies are T300 graphite. Resin is 59.08 epoxy. 




Figure 6.- Predicted fracture toughness of [0°/ -45?/90j*l T300/52Q8 laminates 
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Figure 7- Predicted fracture toughness [0"/±a:] ns T300/5208 laminates. 
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Figure 10 - Predicted notch sensitivity of [0°/ t Qt j J n s T300/5208 laminates. 
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Figure 11- Two-part failure for thick composites with surface cuts. 
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Figure 12.- Strength versus surface cut depth for c [0°/ *45°/90 °],|q T300/5208 laminate. 
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Figure 13.- Strength versus surtace cut depth for a [0%/(-t-56.5 o /-56.5°)o 9 ] AS4/HBRF-55A laminate. 
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(b) Remaining-'igament strength. 
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Figure 14.- Predicted minimum thickness of to“/t 45 < ’/90k] ns T300/5208 laminates to result in two-part failure. 
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